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AERODYNAMIC CHARACTERISTICS OF SEVERAL CRANKED 

IXADING-EDGE WING-BODY COMBINATIONS AT 

MACH NUMBERS FROM 0.4 TO 2.94 

By Edward J. Hopkins, Raymond M. Hicks, 
and Ralph L. Carmichael 

Ames Research Center 

SUMMARY 

Experimental l i f t ,  drag, and pitching-moment c h a r a c t e r i s t i c s  are 
presented f o r  severa l  wing-body combinations. 
a r e  two s t r a i g h t - l i n e  segments of d i f f e r e n t  sweep angles ( r e fe r r ed  t o  as 
"cranked" platforms). A s  a b a s i s  f o r  comparison, one combination had a wing 
of t r i angu la r  planform. 
a cy l ind r i ca l  body of revolu t ion  which had a Sears-Haack nose. 

The leading edges of the wings 

Each wing w a s  p lanar  and w a s  mounted sepa ra t e ly  on 

Experimental r e s u l t s  a r e  presented f o r  a Mach number range from 0.4 t o  
2.94 a t  a constant Reynolds number of 0.89 mil l ion.  
methods involving l i n e a r  wing theo r i e s  and slender-body in te r fe rence  e f f e c t s  
a r e  compared with the  r e s u l t s  measured a t  s m a l l  angles of a t t a c k  throughout 
the  Mach number range. 

Results predicted by 

Large leading-edge extensions over t he  inboard por t ion  of the wing span 
produced nonlinear pitching-moment curves. 
of leading-edge extensions; however, a t h e o r e t i c a l  ana lys i s  ind ica ted  t h a t  
warping should improve the l i f t - d r a g  r a t i o  of one cranked planform about 
10 percent whereas the  t r i angu la r  planform should der ive  p r a c t i c a l l y  no 
bene f i t  from warping. 

There were no o ther  l a r g e  e f f e c t s  

A t  low subsonic Mach numbers, p r a c t i c a l l y  no Reynolds number e f f e c t  was 
indicated f o r  the pitching-moment r e s u l t s  obtained f o r  two of the  models a t  
Reynolds numbers of 0.89 and 13.7 mil l ion.  

INTRODUCTION 

The e f f e c t s  of curved and cranked leading edges on the  aerodynamic 
c h a r a c t e r i s t i c s  of low-aspect-ratio wings mounted on bodies have been inves-  
t i ga t ed  a t  Mach numbers from about 0.4 t o  3.0. 
i nves t iga t ion  ( r e f .  1) shows t h a t  some gains i n  aerodynamic e f f i c i e n c y  over 
t h a t  of a t r i angu la r  planform a r e  a t t a i n a b l e  (an  increment i n  maximum (L/D) 
of 0.2 t o  0.5) throughout a Mach number range from 0.7 t o  2.94 by use of 
spanwise v a r i a t i o n  of leading-edge sweep, t h a t  is ,  an "ogee" planform. The 

The i n i t i a l  p a r t  of th is  



planforms discussed herein have leading edges consisting of two straight lines 
which should have practical manufacturing advantages over the "ogee" planforms 
they approximate. 

Part of the present investigation was devoted to the study of the effects 
of leading-edge geometry and planform variation on the linearity of the 
pitching-moment curve, particularly at high angles of attack and low Mach 
nunibers. Low-aspect-ratio cranked wings are characterized by a strong vortex 
flow at high angles of attack which generally emanates and is discharged from 
the leading edge from which the flow ultimately rolls up into several discrete 
vortices. This separated vortex flow, the governing geometrical factors that 
produce it, and its relation to the surface pressures that cause static longi- 
tudinal instability on these wings are not clearly understood or predictable 
at this time. Most of the wings in the present investigation were designed 
to have a maximum thickness of 3-percent chord, constant along the span. The 
effect of variable thickness distribution along the span was investigated with 
two wings. All the cranked wings were designed to have subsonic leading edges 
over the inboard portions of their spans throughout the test Mach number 
range; consequently, these wings had rounded leading edges and subsonic-type 
profiles over this part of their spans. 
with a sharp leading edge along its entire span to determine if the subsonic 
profile provided any benefits in aerodynamic efficiency. 

However, one cranked wing was tested 

Since the Reynolds number of the tests, based on the average wing chord, 
was less than 1 million, there was some concern regarding the application of 
the results to a full-sized airplane, especially at high angles of attack 
where some flow separation occurs. Consequently, data for two models have 
been correlated with data obtained on large-scale, geometrically similar 
models at a Reynolds number of about 13.7 million. 

Experimental results at small angles of attack, where the flow is essen- 
tially attached and the curves are linear, are compared with results predicted 
by composite linear theories described in the appendixes. These theories 
include mutual interference effects between wing and body. 

NOTATION 

b wing span 

drag (measured) uncorrected drag coefficient, 
'D ' ss 

drag coefficient corrected to zero leading-edge thickness and to 
drag (corrected) 

cD 
an all-turbulent boundary layer, . 

qs 

C minimum drag coefficient, corrected for zero leading-edge thickness 
and an all-turbulent boundary layer, obtained from an extrapolation 
of the drag-due-to-lift curve to zero lift coefficient 

DO 
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I 

estimated increment of sk in - f r i c t ion  drag coe f f i c i en t  f o r  
completely turbulent  flow on the model 

estimated increment of drag coe f f i c i en t  associated with the 
s l i g h t l y  blunted leading edges 

l i f t  l i f t  coef f ic ien t ,  - 
cL ss 

l i f t  coe f f i c i en t  f o r  minimum drag computed from bes t  f i t t i n g  
parabola t o  experimental drag polar  f o r  d a t a  taken above 
a 30 

LO 
C 

p i tch ing  moment about moment 
centers  shown i n  f igu re  1’ pitching-moment coef f ic ien t ,  

‘m QS E 

l i f t - c u r v e  slope measured a t  CL = 0 

ac, drag-due- to- l i f t  f a c t o r  

- 
C 

M 

I 

cL 

cD 
maximum r a t i o  of l i f t  t o  corrected drag, - 

pitching-moment curve slope measured a t  CL = 0 

l o c a l  wing chord 

mean aerodynamic chord of t r i angu la r  wing (4.218 i n . )  

Mach number 

f ree-s t ream dynamic pressure 

Reynolds number based on the  average chord of t r i angu la r  wing 

body radius  

. .  - 

‘The moment center  f o r  each model, except model 10, w a s  4.288 inches 
ahead of the  body t r a i l i n g  edge and corresponded t o  the 0.25 pos i t ion  f o r  
model 1. For model 10, the wing and moment center  were sh i f t ed  forward on 
the body the same amount, 2.064 inches. 
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S wing area  of t r i a n g u l a r  wing including a rea  blanketed by body (21.75 in." 
f o r  models, 990 ft" for f l i g h t  example) 

a angle of a t t a c k  

MODEL DESCRIPTION 

Complete dimensional da t a  and sketches of each model a r e  given i n  
f igure  1. Model 1, considered the  base model with a t r i angu la r  planform, had 
the same geometry as the  triangular-winged model of reference 1, but  the pro- 
f i l e  w a s  a c i r c u l a r  a r c  (0.03 c th ick)  ins tead  of a hexagonal p r o f i l e  (0.02 c 
th i ck ) .  The th icker  p r o f i l e  w a s  se lec ted  s ince  i t  w a s  believed t o  be more 
representa t ive  of current  s t r u c t u r a l  design prac t ice .  To f a c i l i t a t e  a com- 
parison of the  experimental r e s u l t s  of s eve ra l  models, models 1 through 7 were 
designed with the  same exposed span and exposed area,  and hence the  same 
exposed aspect  r a t i o  of 2.2. Models 2 through 7 had the  same leading-edge 
sweep of 78' on the  inboard p a r t  of each wing, bu t  the  sweep over outboard 
regions of each wing var ied t o  maintain the  same exposed area,  t ra i l ing-edge 
geometry, and t i p  chord. Models 8 and 9 were designed with i d e n t i c a l  spans 
and exposed areas;  hence, they had the same exposed aspect  r a t i o  of 1.5. On 
these models the leading-edge sweep of the inboard p a r t  of the wing w a s  82' 
and the outboard por t ion  w a s  60'; the  t r a i l i n g  edges were unswept. A s  shown 
i n  f igu re  1, models 8 and 9 d i f fe red  from each other  i n  the d is tance  from the 
body t o  the  notch poin t  on the leading edge and i n  the taper  r a t i o .  

Most of the  inboard por t ion  of the wing leading edge of model 10 had a 
sweep of 82O; however, an a r b i t r a r y  f a i r i n g  f o r  the  wing leading edge w a s  
used a t  the body nose. The equation f o r  t h i s  f a i r i n g  i s  given i n  f igu re  l ( g ) .  
The leading-  and t ra i l ing-edge sweep angles on the outer  port ions of the wings 
of t h i s  model and model11  were the  same as f o r  m o d e l l ,  59' and -loo, 
respect ively.  

Model 11 w a s  geometrically similar t o  an e x i s t i n g  la rge-sca le  model 
previously t e s t ed  i n  the Ames 40- by 8 0 - ~ o o t  Wind Tunnel. 
formed by adding a sharp-edged, f l a t - s ided  extension t o  the  wing leading edge 
of model 1 (see  f i g s .  l ( a )  and l ( h ) ) .  
was 77.4'. 
t h i s  leading-edge extension. 

This model was 

The sweepback angle of t h i s  extension 
The exposed aspect  r a t i o  changed from 2.2 t o  1.9 a s  a r e s u l t  of 

Each wing w a s  mounted i n  the  hor izonta l  plane of symmetry on a body of 
revolut ion with a Sears-Haack nose (def ined i n  f i g .  l ( a ) )  and a cy l ind r i ca l  
afterbody. The in t e r sec t ion  of the wing t r a i l i n g  edge and the body w a s  1 inch 
from the body base f o r  all models except model10 f o r  which t h i s  d i s tance  was 
3.064 inches. 

The models were mounted on a six-component e l e c t r i c a l  strain-gage balance 
which w a s  s t i n g  supported through the base of the  body. 

A l l  models except 1 and 11 were cen t r i fuga l ly  c a s t  i n  one piece from a 
beryllium-copper a l l o y  with an u l t imate  s t r eng th  of 70,000 p s i  and a yie ld  

. . . .  



s t r eng th  of 40,000 ps i .  
0.65 percent  cobal t ,  and the r e s t  copper. 
s t e e l .  

The a l l o y  w a s  2 t o  2.25 percent beryll ium, 0.35 t o  
Models 1 and 11 were of s o l i d  

Leading-edge thickness,  
i n .  

0.006 
.007 
.003 
.007 
.007 
.011 
.008 
.006 
.005 
,012 
.006 

To preserve smooth leading and t r a i l i n g  edges, a l l  models had s l i g h t l y  
b lunt  edges. Experience has shown t h a t  i f  the leading edge i s  too sharp, 
imperfections produced i n  f a b r i c a t i o n  or during wind-tunnel operat ion w i l l  
cause premature t r ans i t i on .  The following average thicknesses  were measured 
from cross-sec t iona l  s l i c e s  made through wax impressions of each edge. 

Trail ing-edge thickness,  
i n .  

0.011 
.010 

.012 

.003 

.007 . oi5  

.011 

.011 

.006 

.011 

.011 

Model 

1 
2 
3 
4 
5 
6 
7 
8 
9 

10 
11 

~ - 

TEST PROCEDURE 

The t e s t s  were conducted a t  Mach numbers of 0.4, 0.7, 0.9, 1.0, 1.1, and 
1.4 i n  the  Ames 2- by 2-Foot Wind Tunnel and a t  Mach numbers of 1.98 and 2.94 
i n  the  Ames 1- by 3-Foot Supersonic Wind Tunnel. 
was held constant throughout the t e s t  a t  2 .5  mi l l ion  per  foot ;  therefore ,  the 
Reynolds number, based on the  m e a n  aerodynamic chord of model 1, with the  
t r i angu la r  wing, was 0.89 mi l l ion .  

The u n i t  Reynolds number 

A t  Mach numbers from 0.7 t o  2.94, each mode-1 w a s  p i tched through an 
angle-of-at tack range from -4' t o  +12O i n  1' increments. 
0.4 the  s t i n g  was o f f s e t  a t  two d i f f e r e n t  angles t o  cover a wider angle-of- 
a t t a c k  range. For t h i s  Mach number each model w a s  f i rs t  pi tched through an 
angle-of-at tack range from -2' t o  + 1 4 O  and then through an angle-of-at tack 
range of 5' t o  21' i n  lo increments. 

A t  a Mach number of 

As  i n  reference 1, a l l  d a t a  were obtained with n a t u r a l  t r ans i t i on .  The 
drag presented i n  the  summary f igures ,  however, was corrected t o  conditions 
corresponding t o  an a l l - t u r b u l e n t  boundary l aye r  by the  method of reference 1. 
The loca t ion  of boundary-layer t r ans i t i on ,  which i s  required t o  cor rec t  the  
drag data ,  w a s  determined from sublimation photographs taken a t  an angle of 
a t t a c k  of bo, which corresponded approximately t o  t h a t  f o r  maximum l i f t - t o -  
drag r a t i o  f o r  a l l  models a t  all Mach numbers. 
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REDUCTION OF DATA 

Corrections 

The measured axial force was adjusted to the condition of free-stream 
static pressure acting on the model base. The angle of attack was corrected 
for sting and balance deflections due to pitching moment and normal force. 
The norm1 forces, pitching moments, and axial forces were corrected for 
first-order interactions between the various components of the balance. No 
temperature correction was applied as this correction was found to be 
negligible experimentally ( the balance used was temperature compensated) . 

Although all models were designed to be symmetrical about a horizontal 
plane, the experimental data were slightly asymmetric. This asymmetry in the 
data may be due to wind-tunnel flow angularity and curvature, model manufac- 
turing errors, and misalinement of the balance axis with the model axis. To 
correct for these effects, duplicate runs were made with the model upright 
and inverted. These data were used for correcting the basic lift and 
pitching-moment data (figs. 2-12, 18, and 19)  to insure that 
zero when the angle of attack was zero. After the lift data were corrected 
a slight asymmetry remained in the drag polar. This condition, therefore, 
accounts for an apparent 

was applied to the drag-due-to-lift factors and the factors apparent 
derived therefrom - the minimum drag coefficient, the drag due to lift, and 
maximum lift-drag ratio. 

CL and C, were 

measured for the models. A correction for the cLO 
cLO 

The drag data presented in the summary figures were corrected to 
conditions corresponding to an all-turbulent boundary layer by the method 
presented in appendix A of reference 1; the effects of the slightly blunted 
leading edges were taken into account by the method presented in appendix B 
of reference 1. (The leading-edge thicknesses used in the calculations are 
given under Model Description.) No corrections were applied for the finite 
thickness of the trailing edges. The skin friction and bluntness drag cor- 
rections which were applied are listed in table I.2 
sented in figures 14 through 16 were adjusted for all these drag corrections. 

Only the drag data pre- 

Maximum Lift -Drag Ratio 

The maximum lift-drag ratios presented in figure 16 were computed from 
the faired curves of [aC,/a(CL - CL )2]a>30 and CD 
number (figs. 14 and 15). 
are parabolic for angles of attack above about 3' as indicated by the linear- 
ity of the drag-due-to-lift curves shown in part (e) of figures 2 through 11. 
Below an angle of attack of about 3 O ,  the nonparabolic drag polar indicated 
there was more laminar flow on the model than at the higher angles of attack 

2Corrections for model 11, which was tested over only a limited super- 
sonic Mach number range, are not included in table I since this model was 
tested primarily to indicate if Reynolds number effects exist at low Mach 
numbers. 

as a function of Mach 
This procedure was used because the drag polars 0 0 

-~ . . -  _ _ ~ _  
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(cf. the experimental points in fig. g(b) with the dashed part of the curve 
for a parabolic drag polar). 
lift-drag ratios presented in figure 16 is: 

The equation used for computing the maximum 

The data accuracy based on repeatability and known precision of the measuring 
equipment is listed below. 

CL k0.002 a ! ~ 0 . 0 5 ~  

Cm k0.004 M -1.0.01 

CD 20.0002 R 20.01x106 

In addition, other inaccuracies are caused by shrinkage and warpage of 
cast models and flow nonuniformities in the wind tunnel. Such effects will be 
reflected primarily as small increments in angle of attack or pitching moment 
at zero lift. 

The coordinates of each model were carefully measured with a dial gage 
and compared with the specified coordinates. Wave drag at several supersonic 
Mach numbers was computed for models whose coordinates showed the greatest 
deviation from the specified coordinates. It was found that these deviations 
caused increments in the drag coefficient of less than 0.0001. 

THEORETICAL METHODS OF ANALYSIS 

Details of the methods used in estimating the subsonic and the supersonic 
aerodynamic characteristics are summarized in appendixes A and B, respectively. 
For subsonic Mach numbers, two different methods were used to obtain the lift 
and center of pressure on the primary wing panels (outboard of the leading- 
edge notch point). In method 1, the DeYoung "rule of thumb" equation (ref. 2) 
is used and in method 2 the Lomax-Sluder theory (ref. 3) is used to estimate 
the lift and center of pressure on the primary wing panels. Since the Lomax- 
Sluder theory is given in reference 3 only for rectangular and triangular 
wings, this theory was applied only to wings 1, 8, and 10. 

In method 3 for supersonic Mach numbers, the lift and center of pressure 
for the wing were estimated from the influence coefficients of reference 4. 
For all three methods the mutual interference effects between the wing panels 
and the body were estimated by the method of reference 5. A l s o ,  throughout 
the Mach number range, because the wing panels were thin and of low aspect 
ratio, the resultant force was assumed to be normal to the wing plane of sym- 
metry; therefore, no leading-edge thrust was assumed and the drag-due-to-lift 
factor was the reciprocal of the lift-curve slope. The turbulent 



skin-friction drag coefficients3 were computed from Schlichting s incompress - 
ible equation (ref. 6) with the compressibility accounted for by the method 
of Sommer and Short (ref. 7). At supersonic Mach numbers, wave drag was cal- 
culated by application of the supersonic area rule to an "equivalent" body of 
revolution for each wing-body combination. 

RESULTS AND DISCUSSION 

The lift, drag, pitching moment, and drag due to lift are presented in 
figures 2 through 12. The maximum lift-drag ratios, minimum drag coefficients, 
lift-curve slopes, drag-due-to-lift factors, and pitching-moment curve slopes 
obtained from the data of figures 2 through 11 are summarized in figures 1-3 
through 17. 
ratio are presented for an all-turbulent boundary layer and zero leading-edge 
bluntness. Estimated values of the above aerodynamic parameters also are 
shown on the summary plots. Results obtained at Reynolds numbers of 0.89 and 
13.7 million for two of the models, 1 and 11, are presented in figures 18 and 
19, respectively. 

Summary plots of minimum drag coefficient and maximum lift-drag 

At 
(fig. 2(a)) show a reduced longitudinal stability at lift coefficients 
between about 0.5 and 0.7. The cranked planform with the smallest leading- 
edge extension, model 2 (fig. 3), appears to lose longitudinal stability more 
gradually over a wider lift-coefficient range than did model 1. 
planforms with larger forward extensions of the wing leading edge, however, 
have a much greater tendency toward longitudinal instability. 
fig. 3(a) with fig. 8(a), and fig. 9(a) with fig. lO(a).) There is also evi- 
dence that those models which exhibited instability tendencies at 
also would have similar tendencies at 
(see part (a) of figs. 8-11). 

M = 0.4, the pitching-moment results for the triangular wing 

The cranked 

(Compare 

M = 0.4 
M = 2.94 at the higher angles of attack 

Lift 

Experimental -~ (M ._..___ = 0.4).- A small leading-edge extension increased the 
lift-curve slope with increasing angle of attack, the larger leading-edge 
extensions did not. (Compare results for model 1 with those for models 2 
and 7.) 
considerable nonlinearity in the lift curves, model 7 is effectively a lower 
aspect-ratio wing with greater leading-edge sweep than model 2; therefore, 
the associated lower lift-curve slope near CL = 0 for model 7 overrides the 
beneficial effect of nonlinearity at the higher lift coefficients. The 
approximate angles of attack required to attain a lift coefficient of 0.8 are 
summarized in the following table. 

Although the leading-edge extensions for both models 2 and 7 produce 

. -  - -. . .  - - 
3All data presented in figures 14 through 16 were corrected to conditions 

corresponding to an all-turbulent boundary layer as indicated under Reduction 
of Data. 

an all-turbulent boundary layer. 
4These results are not modified to the conditions of zero bluntness and 
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Model 

1 
2 
3 
7 
8 
9 
10 
11 

a CL=0.89 deg 

17 
15 
1.7 
18 
20 
1.7 
18 
15 

Exposed wing 
aspect r a t i o  

2.2 

1 
1 . 5  

.1 
1.9 

Some of the d i f fe rences  i n  the  angles shown i n  the  t a b l e  a r e  r e l a t e d  t o  the  
f a c t  t h a t  models with lower aspec t  r a t i o s  have lower l i f t -cuPve  slopes.  

Theoretical .-  A t  subsonic Mach numbers, f o r  wings with t r i angu la r  panels 
( see  f i g .  13; models 1, 8, and lo), method 2 ( r e f .  3) gives b e t t e r  agreement 
with experiment than method 1 ( r e f .  2 )  f o r  the l i f t - c u r v e  slope.  For the  
o ther  models (2-7, 9) on which the  outer  main wing panels a r e  trapezoidal,  
method 1 does not p red ic t  the l a rge  increase i n  l i f t - c u r v e  slope a t  transonic 
Mach numbers. A t  supersonic Mach numbers up t o  about 2.0, the predicted 
genera l ly  agrees wel l  with the measured except f o r  models 8 and 10 ( t h e  
only models with the  leading-edge extension o r ig ina t ing  a t  t he  body nose); 
a t  higher Mach numbers the  experimental were genera l ly  l a r g e r  than 
predicted.  

cLa 
CL 

C h  

Drag Due t o  L i f t  

Experimental. - The drag-due- to- l i f t  f a c t o r  aC,/a(CL - CLo)2 i s  impor- 
t a n t  because of i t s  cont r ibu t ion  t o  the maximum l i f t - d r a g  r a t i o .  The e f f i -  
ciency of t h i n  .low-aspect-ratio wings can be evaluated by comparing the 
measured 3C,/d(CL - CLo)2  t o  t he  r ec ip roca l  of t he  measured l i f t - c u r v e  slope 
representing no leading-edge t h r u s t .  Drag e f f i c i ency  f ac to r s5  representing 
t h i s  comparison were computed from the  r e s u l t s  i n  f igu res  1.3 and 1 4  and a r e  
summarized i n  the  following t a b l e  f o r  four  Mach numbers. 

_ _  - 
5A p o s i t i v e  number f o r  t h i s  f ac to r  means t h a t  the  r e su l t an t - fo rce  vector 

i s  t i l t e d  forward of an ax i s  perpendicular t o  the  wing-chord plane so t h a t  
some leading-edge t h r u s t  i s  r ea l i zed .  
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Model I M = 0.4 
1 0.16 

.24 

.18 

.11 
1.7 
-23 
19 
.28 
.38 
-29 

1 
2 
3 
4 
5 
6 
7 
8 
9 
10 

. - .  - 

M = 0.8 
- 

0.17 
.11 
.11 
09 
.22 
.13 
9 07 
.20 
.227 
- 1-7 

- - . -  

M = 1.2 

0.12 
.10 
.12 
09 
.08 
.14 
.02 
.08 
.11 
* 03 

- -.. - 

M = 2.8 

-0.01 

.02 

.01 

.01 

.01 

.02 

- 

0 

0 

0 
0 

It can be seen that some of the cranked planforms had considerably more 

M = 0.4 and 0.8 using a round-nosed profile on the leading-edge extension 
leading-edge thrust than the triangular planform (model 1) at 
at 
instead of a sharp-nosed profile was somewhat more beneficial (cf. the drag 
efficiency factors for models 3, 5, and 6 having rounded leading edges with 
model 4 having a sharp leading edge). 
generally had very nearly the same drag efficiency factors as the triangular 
planforms . 

M = 0.4. Also, 

At M = 2.8 the cranked planforms 

Theoretical.- For the wings with triangular panels, method 2 (ref. 3) 
gave subsonic drag-due-to-lift factors somewhat closer to the experimental 
factors than method 1 (ref. 2) (see figs. 14(a), (h), and ( j ) ) .  The experi- 
mental factors for all the cranked wings, however, are considerably lower than 
predicted. This larger disparity between the theoretical and experimental 
values for the cranked wings results primarily because those planforms have 
higher lift-curve slopes than predicted. At supersonic Mach numbers, where 
practically no leading-edge thrust was realized for any of the planforms, the 
estimated drag-due-to-lift factors show fair to good agreement with the exper- 
imental factors, except for model 8. 
ment between the theoretical and experimental drag-due-to-lift factors is, 
generally, a reflection of the agreement of the lift-curve slopes of the 
respective models. 

At supersonic Mach numbers, the agree- 

Minimum Drag 

Experimental.- At subsonic speeds, the results presented in figure 1-5 
indicate that the cranked planforms have lower minimum drag than the tri- 
angular planform, a result which can be explained partly by the fact that 
the spanwise distribution of exposed wing area provides lower skin friction 
for the cranked planforms (as indicated in ref. 8). 
models with cranked planforms except model 2 show less minimum drag than 
model 1, mainly because of the more favorable longitudinal distribution of 
cross-sectional area for the models with cranked planforms. At M = 2.94, 
those cranked planforms with large leading-edge extensions had considerably 

At transonic speeds, all 
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lower minimum drag than the  t r i angu la r  planform, although t h i s  wing volume w a s  
50 percent or more g rea t e r  than t h a t  f o r  the t r i angu la r  wing ( c f .  f i g .  15(a) 
with f i g s .  15(h), (i), and ( j ) ) .  

Theoret ical . -  A s  shown i n  f igu re  15, the  minimum drag w a s  predicted,  
generally,  t o  within about 10 percent of the measured drag except f o r  a few 
i so l a t ed  cases a t  high supersonic Mach numbers. Near the  highest  Mach number, 
the minimum drag w a s  higher than predicted,  except f o r  model 8. A t  M = 1.1 
a l l  cranked planforms, except model 2, had l e s s  drag than the  t r i angu la r  plan- 
form as predicted.  For highly elongated models, such as model 8, the  minimum 
drag a t  supersonic Mach numbers w a s  considerably l e s s  than t h a t  f o r  the tri- 
angular model because of the favorable  longi tudina l  d i s t r i b u t i o n  of cross- 
s ec t iona l  area.  

Maximum Lift-Drag Ratio 

Experimental.- The measured maximum l i f t - d r a g  r a t i o s  ( f i g .  16) f o r  the  
various wings a r e  shown i n  the  t ab le  below f o r  four  Mach numbers. The r a t i o  
of the volume of each cranked wing t o  the volume of t he  t r i angu la r  wing i s  
a l s o  shown. 

1 
2 
3 
4 
5 
6 
7 
8 
9 
10 

- -  

1.00 
1.05 
1.16 
1.10 
1.42 
-90 

1.32 
1.76 
1.47 
1.47 

~~ 
~~ 

Maximum l i f t - d r a g  r a t i o ,  (L/D),ax 
- 

M = 0.4 

7.3 
7.9 
7.7 
7 -1 
7.8 
7 *7 
7.3 
6.6 
7.6 
7 -2 

- -  

M = 0.9 
~~ 

8.5 
8.8 
8.9 
8.4 
9.0 
8.6 
8.2 
7.6 
8.3 
7 -7 
~- 

M = 1.2 

7.1- 
7.3 
7.6 
7.4 
7.3 
7.4 
7.0 
6.5 
7.4 
6.6 

M = 2.8 

5.5 
5.6 
5.5 

6.0 
5.9 

It can be seen t h a t  some of the cranked planforms (e .g . ,  model 9) give some 
improvement i n  the maximum l i f t - d r a g  r a t i o  over t h a t  f o r  the  t r i angu la r  plan- 
form a t  subsonic and supersonic speeds and ye t  have more usable volume adja-  
cent t o  the fuselage.  Similar  improvements f o r  an ogee planform over a 
t r i angu la r  planform were reported i n  reference 1. 

Theoret ical  comparison.- A t  subsonic speeds, the maximum l i f t - d r a g  r a t i o s  
predicted by method 2 ( r e f .  3) f o r  planforms with t r i angu la r  panels agreed 
somewhat b e t t e r  with the  experimental values than values from method 1 (see  
f i g s .  16(a) ,  ( h ) ,  and (j)). Generally, the experimental l i f t - d r a g  r a t i o s  
shown i n  these f igures  were considerably l a r g e r  than predicted a t  subsonic 
Mach numbers by e i t h e r  method because the predicted values of drag due t o  l i f t  
were too la rge .  A t  supersonic Mach numbers, the t h e o r e t i c a l  maximum l i f t - d r a g  



r a t i o s  agreed wel l  with the experimental r a t i o s  except f o r  model 8. 
l a t t e r  model, both the  measured drag due t o  l i f t  and minimum drag were smaller 
than predicted as shown i n  f igures  14(h)  and 1 5 ( h ) ,  

For the  

- ~ -  Theoret ical  p o t e n t i a l  _ _  - _. f o r  - LID by warping. - - - Although the  experimental 
s tudy w a s  l imi ted- - to  models with planar wings, i t  i s  important t o  note t h a t  a 
warped wing surface would improve the l i f t - d r a g  r a t i o  i n  c ru is ing  f l i g h t .  To 
show the f u l l  t h e o r e t i c a l  p o t e n t i a l  of cranked planforms, the  improvement i n  
the  l i f t - d r a g  r a t i o  t o  be expected from warping w a s  calculated by the method 
of reference 4 which gives the optimum cambered wing surface and the associ-  
a ted  pressure drag. The r e s u l t s  from t h i s  study with the  f l i g h t  conditions 
assumed a r e  given i n  the following tab le .  

_____ - 
f l i g h t  conditions:  

M = 3.0 Al t i t ude  = 70,000 f t  

I S = 9,970 f t 2  cL = 0.07 

L/D L/D 
F l a t  wing” 1 Warped wingb! Model 

-1 -- ~ - 
6.85 I 

6 * 8  1 8.47 
1 (Triangular wing) I 9 (Cranked wings) I 7.6 

L I ... I I .  . - 

“Values obtained by ex t rapola t ing  the exper- 
imental  L/D values t o  the  f l i g h t  Reynolds 
number a t  the  se lec ted  

by applying the calculated decrement i n  drag due 
t o  warping a t  the se lec ted  

CL and M. 
bValues obtained from the f la t -wing values 

CL and M. 

The t r i angu la r  wing with i t s  supersonic leading edge gains l i t t l e  i n  l i f t -  
drag r a t i o  from warping, whereas the cranked wing with i t s  leading edge 
p a r t i a l l y  subsonic t h e o r e t i c a l l y  can be improved about 10 percent.  

Aerodynamic Center Travel With Mach Number 

Experimental. - The aerodynamic center (a. e. ) t r a v e l  with Mach nmiber 
(fig.-- maximum between subsonic and t ransonic  Mach numbers and t h i s  
maximum w a s  near ly  the  same f o r  the cranked planforms as f o r  the t r i angu la r  
planform. However, f o r  most of  the cranked planforms a t  a Mach number of 2.94 
the  a.c. was e i t h e r  approximately the same or s l i g h t l y  ahead of i t s  respect ive 
subsonic value. The more favorable 8.c. t r a v e l  with Mach number f o r  the 
cranked planforms should r e s u l t  i n  smaller t r i m  drag penal t ies .  These a .c .  
movements with Mach number a r e  summarized i n  the t a b l e  below. The negative 
values represent  rearward movements i n  a . c .  with increased Mach number. 
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Model 

1 
2 
3 
7 
8 
9 
10 

(na . c . ) maxM=O. &&Itrans (na )M=o. 442.94 

-0.15~ I -0. o8e I -. 1 1 E  -. 1 5 ~  
- . 1 5 ~  

- .16~ 
- .13E 

-. 14E 

- .02E 
.01E 
.06~ 
.05~ 

- . 0 3 ~  

Theoretical.- At subsonic Mach numbers, for the planforms with triangular 
wing panels, the experimental variation of a.c. with Mach number agreed better 
with the theoretical var’iation given by method 2 than by method 1 (see 
figs. l7(a), (h), and (j)). 
method 1, in which the lift is arbitrarily placed on the 25-percent chord line, 
gives an inadequate estimate of the aerodynamic movement with Mach nwdber. At 
supersonic Mach numbers, the variation in a.c. location with Mach number was 
generally predicted correctly, although the absolute location of the a.c. was 
not closely predicted f o r  models 8 and LO, as shown in figures 17(h) and l7(j), 
respectively. The discrepancy between the theoretical and experimental a.c. 
locations for these two models was probably related to an inaccurate assump- 
tion of the location of the center of pressure on the body in the presence of 
the wing. 

For those models without triangular wing panels, 

Reynolds Number Effects 

As an aid in interpreting the subsonic results obtained with the small 
models investigated herein at a Reynolds number of only 0.89 million, results 
are presented for two larger scale models of models 1 and 11, which had been 
investigated previously in the Ames 40- by 80-~oot Wind Tunnel at a Reynolds 
number of 13.7 million and a Mach number of 0.10. 
cate practically no Reynolds number effect on either the lift or pitching- 
moment curves for model 1;6 however, data in figure 18(b) indicate a slight 
Reynolds number effect on the minimum drag and the drag due to lift. Part of 
the reason for the higher minimum drag in the 40- by 80-foot wind tunnel is 
the strut drag and strut influence on the wing drag. A three-strut support 
system was used in the 40- by 80-foot wind tunnel and a sting support was used 
in the 2- by 2-foot wind tunnel. 
only a slight Reynolds number effect on the pitching-moment curves and the 
lift-curve slope at the higher angles of attack, the higher value being mea- 
sured for the model at the higher Reynolds number of 13.7 million. As shown 
in figure l9(b), practically no Reynolds number effect was indicated for the 
drag due to lift, but the minimum drag is again higher for the model 
investigated at the higher Reynolds number in the 40- by 80-foot wind tunnel. 

“;A similar result can be noted -for a sharp-edged -triangular wing with an 

Data in figure 18(a) indi- 

For model 11, data in figure lg(a) indicate 

aspect ratio of 2.0 by comparing the lift and pitching-moment data obtained at 
a Reynolds number of 1.8 million (ref. 9) with those obtained at a Reynolds 
rider of 15.4 million (ref. 10). 
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CONCLUSIONS 

From an investigation.of several wing-body combinations employing wings 
of cranked planforms throughout a Mach number range from 0.4 to 2.94, the 
following conclusions can be drawn. 

(1) Large leading-edge extensions on the cranked planforms severely 
reduced static longitudinal stability at high angles of attack. There was 
evidence that models that tended to be longitudinally unstable at M = 0.4 
would have similar tendencies at M = 2.94 at the higher angles of attack. 

(2) A small leading-edge extension produced a nonlinear lift curve and 
reduced the angle of attack required to attain a given high lift coefficient, 
but large extensions increased this angle. 

(3) Although the maximum travel in a.c. location with a change from 
subsonic to transonic Mach numbers was not greatly different for any of the 
planforms, with the leading-edge extensions the a.c. location was 
approximately the same at Mach numbers of 0.40 and 2.94. 

(4) At M = 0.4 some of the cranked planforms with round-nosed profiles 
had less drag due to lift than the triangular planform with a sharp-nosed 
profile; a cranked planform with a round-nosed profile on only the leading- 
edge extension also had less drag. The advantage, however, was not realized 
at supersonic Mach numbers. 

(5) Some of the cranked planforms had greater aerodynamic efficiency 
than the triangular planform, as reflected in the maximum lift-drag ratio 
at subsonic and supersonic Mach numbers. These wings also had considerably 
more usable volume than the triangular planform. 

(6) At low subsonic Mach numbers, practically no Reynolds number effect 
was indicated for the pitching-moment results obtained for two of the models 
at Reynolds numbers of 0.89 and 13.7 million. 

(7) At supersonic Mach numbers, the experimental lift -drag ratios agreed 
generally with the values predicted by linear theory combined with lift carry- 
over factors from slender-body theory. 

(8) The maximum lift-drag ratio of one cranked planform was not only 
higher than that of the triangular planform but, theoretically, warping would 
have improved this ratio about 10 percent at flight Reynolds number. 

Ames Research Center 
National Aeronautics and Space Administration 

Moffett Field, Calif., 94035, July 24, 1967 
720 -01 -00-02 -00 -21 
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APPENDIX A 

SUBSONIC THEORY 

Two methods w i l l  be presented f o r  computing the l i f t  and pi tching-  
moment parameters a t  subsonic Mach numbers. L i f t  on the  body and on the f o r -  
ward extensions of the  cranked wings and the l i f t  carry-over f a c t o r s  a r e  the 
same f o r  both methods. However, these methods d i f f e r  i n  the theory chosen t o  
estimate the l i f t  and center  of  pressure on the primary l i f t  producing panels 
( t h e  outboard panels ) .  
( r e f .  2 )  w a s  used t o  estimate the  primary panel  l i f t  and i n  method 2 the  
Lomax-Sluder theory ( r e f .  3) w a s  used t o  estimate t h i s  panel l i f t .  
method 1 and method 2 w i l l  be discussed below. 

I n  method 1, the DeYoung "rule of thumb" method 

Deta i l s  of 

Method 1 

L i f t . -  The l i f t - c u r v e  s lope f o r  each wing-body combination was computed 
a s  the sum of the  cont r ibu t ions  from the ind iv idua l  components. The areas  and 
dimensions associated with these components a re  shown i n  the sketch below. 

The l i f t - c u r v e  slope of the  body nose ( C  ) was computed from slender-body 
concepts presented i n  reference 5 a s  &I 

where 

maximum c ross -sec t iona l  a rea  of the  body 

reference a rea  of t he  t r i angu la r  wing (21.75 in .2)  

'b 

'ref 



The l i f t - c u r v e  s lope of a rea  I1 without body-induced e f f e c t s  ( C  ) L, I1 
w a s  computed by the  theory of reference 3. 
with body-induced e f f e c t s  accounted f o r  w a s  obtained by multiplying ( C  
by the  slender-body f a c t o r ,  Kw(B>, from char t  I of reference 5 f o r  a given 

slender-body f a c t o r  

becomes 

The l i f t - c u r v e  slope of a rea  I1 
) L, I1 

The l i f t - c u r v e  slope of a rea  I11 w a s  computed by applying the  
from char t  I of reference 2 t o  (C, ) 

The t o t a l  l i f t - cu rve  slope of a reas  I1 and 111, ( C  

f o r  a 
rII/bII* 

given rII/bII. La II+III’ 
KB(w> a I1 

) 

where SII denotes a rea  11. 

To compute the  l i f t - c u r v e  slope of a rea  I V ,  an e f f e c t i v e  sweep angle of 
the midchord l i n e  w a s  f i r s t  determined as 

where 

‘in 

Sout 

wing area  between 
sketch 

wing area between 
area  sketch 

rIV and the t ra i l ing-edge  notch point  i n  area 

the t ra i l ing-edge notch poin t  and the wing t i p  i n  

This e f f ec t ive  sweep angle was used i n  the DeYoung r u l e  of  thumb method 
This 

@L, ) I V ’  
( r e f .  2) t o  f ind  the  wing-alone l i f t - c u r v e  slope of a rea  I V ,  
method w a s  chosen because i t  i s  simple and gives approximately the same r e s u l t  
f o r  low-aspect-ratio wings as the more complicated Weissinger method ( r e f .  11) 
which gives an accurate  pred ic t ion  of l i f t - c u r v e  slope a t  subsonic speeds. 
The l i f t - c u r v e  slope of a rea  I V ,  with body induction included, w a s  computed 
by multiplying the slender-body f a c t o r  
times (CL ) f o r  a given rIV/bIV. Then the  l i f t - c u r v e  slope of a rea  V was 

from reference 5 f o r  computed by multiplying ( C  ) times the  f a c t o r  K 
a given rIV/bIV. 

%( from cha r t  1 of reference 5 B) 
a I V  

L, I V  B(W) 
The t o t a l  l i f t - c u r v e  s lope of a rea  I V  and V becomes 

r 1 

where 
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2 
4(bIV - rm) A aspect  r a t i o  of a rea  I V ,  

P 41 - M2 
M Mach number 

Aeff e f f ec t ive  sweep angle defined by equation (A3) 

The l i f t - c u r v e  slope f o r  the  e n t i r e  wing-body combination a t  subsonic 
speeds, therefore ,  i s  

Pi tching moment.- The center  of pressure f o r  the body nose, SI, w a s  
taken from cha r t  9 of reference 5. N o  addi t iona l  correct ions were applied 
beca-Jse the nose w a s  a Sears-Haack nose r a t h e r  than the ogival  nose of 
cha r t  9; t h i s  s m a l l  d i f fe rence  i n  the noses would have small e f f e c t  on the  
f i n a l  r e s u l t s .  

The center of pressure of a rea  I1 w a s  taken from f igu re  14 of r e f e r -  
ence 3. Center of pressures  of areas  I11 and V were computed separa te ly  from 
char t  16 of reference 5 f o r  values of PA of areas  I1 and I V  and t h e i r  
respec t ive  r/s values ( rII/bII and rIv/bIv). 

Impl ic i t  i n  the appl ica t ion  of the Prandtl-Glauert  compressibi l i ty  r u l e  
t o  the Weissinger method presented i n  reference 2, the span-load d i s t r i b u t i o n  
with compressibi l i ty  e f f e c t s  accounted f o r  i s  considered t o  be car r ied  by the 
l/&-chord l i n e  of the  undis tor ted wing. I n  method 1 herein,  with an e l l i p t i c  
span load assumed on area  I V ,  it follows t h a t  the centroid of t h i s  load w i l l  
a c t  on the  1/4-chord l i n e  a t  a l a t e r a l  d i s tance  out from the leading-edge 
notch point  of (0.424) (bIv - rIV). 
f o r  the equivalent planform w i t h  i t s  midchord sweep defined by equation ( A 3 ) .  

This l/4-chord l i n e  was taken as  t h a t  
. 

Fina l ly ,  the slope of the  pitching-moment curve was computed as 

where 

21’ 211’ 2111 

V 
d is tances  from the assumed pitching-moment center  t o  the  

center  of pressures  of each area  shown i n  the  a rea  sketch 
(pos i t i ve  d is tances  a r e  ahead of the  pitching-moment center )  

and 2 21v’ 

mean aerodynamic chord of the  t r i angu la r  wing (4.218 in .  ) - 
C 



Skin-friction drag.- Tne skin-friction drag coefficient was computed by 
integrating the average skin-friction coefficients over the entire surface of 
each model and then adjusting the result by the appropriate ratio of wetted 
area to reference area. The average skin-friction coefficient at a local 
spanwise station was computed from the Schlichting incompressible equation 
given in reference 6 adjusted for compressibility by the 
reference 7 as 

T' method of 

where 

compressibility factor for a turbulent boundary layer given 
.explicitly by equation (A6) of reference 1 

Reynolds number based on the local reference length (either the RX 
local wing chord or the body length) 

In these calculations, the complete model was treated as a sharp-edged flat 
plate; therefore, wing thickness effects, body three-dimensional effects, and 
leading-edge bluntness effects were estimated to be small and were not taken 
into account. 

Drag due to lift.- In all cases, since the wings were thin and of low 
aspect ratio, drag due to lift was assumed to be equal to the lift times the 
angle of attack; hence, no leading-edge thrust was assumed. For symmetrical 
models, the drag-due -to-lift factor (&D/&12) becomes the reciprocal of the 
lift -curve slope. 

Maximum lift-drag ratio.- In accordance with the above assumptions, a 
parabolic drag polar was assumed so that the maximum lift-drag ratio is 

where 

lift-curve slope per radian 

m i n i m  drag coefficient 
c k L  

cDO 

Method 2 

In reference 1 it was found that the low-speed theory of Lomax-Sluder 
for low-aspect-ratio triangular wings (ref. 3) gave a better estimate of lift 
and center of pressure for this type wing than the theory of Weissinger 
(ref. 11). For this reason, the lift and center of pressure for area IV of 
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the wings with triangular panels, mdels 1, 8, and 10, were also computed by 
the Lomax-Sluder theory. This method, in which the lift and center of pres- 
sure for all areas except area IV were computed as described for method 1, is 
designated method 2. 



APF'EXDIX B 

SWERSONIC THEORY 

Method 3 

L i f t  and p i tch ing  . moment.- - .__ The est imates  of the l i f t  and pitching-moment 
curve slopes f o r  the wing alone were made by the  method of reference 4. 
s imi la r  but  a l t e r n a t e  method of  computing the wing-alone values i s  given i n  
reference 12. 

A 

The mutual in te r fe rence  e f f e c t s  between the  body and the wing l i f t  were 
calculated by the method of reference 5. Again, the  l i f t  and pi tching moments 
from the body nose were calculated by slender-body concepts as  presented i n  
appendix A. The center  of pressure on the  cy l ind r i ca l  port ion of the body 
from which the  pi tching moments were derived was assumed t o  l i e  a t  50 percent 
of the root chord. 

Drag. - Skin- f r ic t ion  drag was computed by equation ( A 7 ) .  Wave drag was 
computed f o r  an "equivalent" body of revolut ion f o r  each wing-body combination 
by appl icat ion of the supersonic area r u l e  ( r e f .  1). 

Drag due t o  l i f t  and maximum l i f t - d r a g  r a t i o . -  I n  computing the drag due 
t o  l i f t ,  no leading-edge t h x s t  was assumed; therefore ,  the drag due t o  l i f t  
was assumed to  be equal t o  the l i f t  t i m e s  the  angle of a t tack.  I n  accordance 
with t h i s  assumption, the maximum l i f t - d r a g  r a t i o  was computed by 
equation (A8) .  
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5.522 ._ 

l.521- - 

3 .  

--. 
59 

Nose equation: 

r = r, 

Nose length = & = 5.6884 
F.S. 

0.000 

Notes : 

1. The reference a rea  ( S  = 21.75 in .2)  and reference length ( a  = 4.218 i n . )  
of wing 1 were used f o r  a l l  wings. 

2. All l i n e a r  dimensions a r e  i n  inches.  

3 .  All wings were at tached i n  a mid-wing loca t ion  t o  a c i r c u l a r  body of 
of revolut ion.  

( a )  Model 1 

0.000 

;8 

T.875 d i m  

-- 3.000 
I 

/-7l t 

875 .. 
Pitching-moment center- -- - .  -&! - -  

(b )  Model 2 

Figure 1.- Model Geometry. 

23 



7.512- 
7.407- 

Wing 3 I Note: 
-03 

1. The NACA a i r f o i l  i s  the NACA OOOX 1.1 40/1.575. 

2.- The th ickness  r a t i o  f o r  wings 5 and 6 varies .04 .. 

6 l i n e a r l y  along the wing span. 

( c )  Models 3, 4, 5, 6 

1.60 c 8.058- 
7-952- 

6.000- - 

*am 
AB-.-- 

4.288- 

0.000 

Airfoils faired together 

6.000- - 

3.438 
7 n o  

78.0' 
I '  \ 1 

0.000 

Airfoils faired together 

'-875 
*am 

+LOO0 
F. Sa. 

14.216 

(d) Model 7 

Figure 1.- Continued. 
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F -  4.288 
Pitching-moment 

center-  - ~- _- - 
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F.S. 
14.216 

Airfo i l s  fa i red  together  

0.000 

( e )  Model 8 

( f )  Model 9 

Figure 1. - Continued. 
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r 
- -  Pitching-moment _ _ _ _  

centerq- 6.352- 

0.000 3.064- 

y = 0 . 0 1 4 1 2 ~ ~  - 0.09562~' + 0.3535~ 

3. 

+ 
-I 
F.S. 

14.216 

( g )  Model 10 

\ 
0 a 

-~ 

F.S. 
0.000 

Note: 

1. The area oab of the glove 
has a constant thickness of 
.074 in .  

the glove i s  constant along 
its span. Section A - A  

2. The leading-edge geometry of .oo4 

( h )  Model 11 

Figure 1.- Concluded. 
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(a) CL vs. a and C vs. C L m 

Figure 2.- Lift, drag, and pitching-moment characteristics of model 1. 
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Figure 2 .  - Continued. 
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Figure 3.- Lift, drag, and pitching-moment characteristics of model 2. 
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(b)  CL vs.  C D r  

Figure 3. - Continued. 
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( e )  CD' vs. (CL - CL,)2 

Figure 3. - Concluded. 
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Figure 4. - L i f t ,  drag,  and pitching-moment cha rac t e r i s t i c s  of model 3. 
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Figure 4.  - Continued. 
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Figure 5.- Lift, drag, and pitching-moment characteristics of model 4. 
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Figure 5. - Concluded. 
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Figure 6. - Lift, drag, and pitching-moment characteristics of model 5. 
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Figure 6. - Continued. 
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Figure 7.- Lift, drag, and pitching-moment characteristics of model 6. 
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Figure 7. - Continued. 
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Figure 8.- L i f t ,  drag, and pitching-moment c h a r a c t e r i s t i c s  of  model 7. 



Figure 8. - Continued. 



( c )  CD' vs. (CL - CL,)2 

Figure 8. - Concluded. 
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Figure 9.- Lift, drag, and pitching-moment characteristics of model 8. 
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Figure 10.- L i f t ,  drag, and pitching-moment cha rac t e r i s t i c s  of model 9. 
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Figure 11.- Lift, drag, and pitching-moment characteristics of model 10. 
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Figure 11. - Continued. 
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Figure 12.- Lift, drag, and pitching-moment characteristics of model 11. 
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Figure 18.- Reynolds number e f f e c t s  on the l ift,  drag, and pitching-moment c h a r a c t e r i s t i c s  
of model 1. 
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Figure 19. - Concluded. 
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Figure 20.- Lift, drag, and pitching-moment characteristics of model Ogee 1 at a Mach of 0.4. 
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Figure 20. - Concluded. 
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